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Abstract
The Orbiting Drag-free International Explorer
(ODIE) satellite is a technology demonstration
mission intended to verify the feasibility of using
Field Effect Electric Propulsion (FEEP) thrusters
and Capacitive And Electrostatic Sensitive
Accelerometer Reference (CAESAR) accelerometers to achieve a new level of drag-free
performance. This satellite will be designed and
constructed through a cooperative effort between
government agencies, corporations, and universities in several countries, and is scheduled for
launch in March, 1999.

Background
ODIE originated out of a need for a technology
demonstration of several key components in the
proposed Orbiting Medium
Explorer for
Gravitational Astrophysics (OMEGA) mission I.
The OMEGA project is itself a pioneer in a new
field; that of gravitational wave astronomy. This
mission consists of six small satellites (approximately 100 kg), two of which are situated at each
vertex of an equilateral triangle in orbit about the
Earth at an altitude of 600,000 km. These satellites
house lasers which are configured so as to function
as a very large Michelson interferometer for the
detection of gravitational waves. However, to
ensure that the alterations in the curvature of space
produced by a passing gravitational wave be
differentiated from the actual perturbation of the
satellite motion in its orbit, it is necessary to
stabilize the position of the spacecraft.
The
OMEGA spacecraft will be designed to reduce
spurious accelerations on the proof mass reference
to below 1O-'5ms-zHz-'lz, in the bandwidth of
interest (10-4 to 1O-2 Hz).
Some forms of
perturbation, such as those produced by the sun,
moon, and other planets of the solar system, can be
ignored since the period of these perturbations is
long compared to the period of disturbance
expected from the passage of a gravitational wave.
The primary disturbances which appear in the
interesting part of the frequency spectrum are the
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fluctuations in solar radiation pressure acting upon
the satellites. Thus, the OMEGA spacecraft must
have some form of internal compensation for these
effects. A drag-free system 2 which would have
the desired qualities can be envisioned; however,
the technical challenge presented by the extreme
precision required for this mission has led to the
decision to build a technology demonstrator of the
hardware which will be utilized for the drag-free
capability.
At its core, a drag-free satellite (that is, one which
has been freed from all but gravitational forces) is
comprised of a "proof mass", which is protected
from the outside environment by an enclosed shell,
and some means of compensating for the forces on
the outer shell so that the position of the shell
about the proof mass is maintained. If there were
no interaction between the proof mass and the
shell, and no residual magnetic moment on the
proof mass due to passage through the Earth's
magnetic field, then the proof mass would follow a
purely gravitational trajectory. Thus, the goal of a
drag-free system is to provide a proof mass which
has been isolated from the rest of the spacecraft to
the highest degree possible, some means of sensing
the position of the spacecraft with respect to its
proof mass, and an actuator to prevent the collision
of the proof mass and the spacecraft. Spacecraft of
this type have been constructed and flown; the
DISturbance COmpensation System (DISCOS)3
demonstrated that using the technology of the time,
residual accelerations could be reduced to 10'
IO m/s 2.
Several hardware advances which have
been developed in the intervening years suggest
that this figure could be improved by the necessary
orders of magnitude.
The primary position/acceleration sensor selected
for OMEGA is the CAESAR accelerometer
developed by ONERA.
This accelerometer
consists of a rectangular prism proof mass housed
in a glass cage with electrodes plated onto its
surface which form a capacitance bridge with the
proof mass. The accuracy of this system is
dependent upon several key factors. The size and

composition of the proof mass affects the
resolution of the system, the susceptibility to
surface forces, and the net magnetic moment on the
proof mass. A gold/platinum alloy has several
attractive characteristics for this purpose; the alloy
can be chosen such that the net magnetic
susceptance is zero, the purity of the alloy can be
controlled to a high degree, and the proof mass
would be relatively heavy, so the effect of surface
forces on its motion is minimized.
A second
limitation on the system accuracy stems from the
charge control mechanism imposed on the proof
mass. In one scenario, the charge on the proof
mass is controlled by the attachment of a wire
directly to the mass; this method, obviously,
introduces new errors based on the force applied to
the proof mass by the wire. Alternatively, an
active charge control device might be included
which would not physically contact the proof mass.
Finally, the size of the gap between the proof mass
and its cage can be altered; a wider gap minimizes
bulk effects, such as gravitational self-attraction,
which are otherwise difficult to control. Several of
these factors are particularly critical from a
technology demonstration standpoint, since the
configuration which would be ideal for on-orbit
operation often poses technical difficulties for
ground testing of the hardware. This topic will be
pursued in more detail in the section on error
analysis.

thrust and high specific impulse involved, one
gram of cesium is sufficient for about 2000 hours
of operation at 10 flN.

The actuator for drag-free control consists of a set
of FEEP thrusters mounted in cluster groups at
regular intervals about the circumference of the
vehicle. These thrusters are virtually ideal for
drag-free control systems for several reasons4 • The
thrusters operate using liquid cesium as the
working fluid; this material was selected for its
ease of ionization and its wetting properties. The
liquid cesium travels from its reservoir by capillary
action to the surface of the thruster slit, which is
kept at negative potential. A positive potential is
then applied which ionizes the cesium and
accelerates it to 50 lan/s. The thrust provided
varies with the applied voltage differential, and has
a range of roughly two orders of magnitude of
near-linear operation. The maximum thrust is
determined by slit width (1 cm slit width translates
to 20 flN maximum thrust); for this application,
since the largest external disturbance force on the
spacecraft (solar radiation pressure) is expected to
be about 2 flN, the selected maximum thrust is 20
IlN. These thrusters are remarkably low-noise, and
have the additional advantage that due to the low

The ODIE satellite will demonstrate the efficacy of
utilizing the CAESAR accelerometers as position
and acceleration sensors and FEEP thrusters as
control actuators for the extension of drag-free
performance accuracy to the level necessary for
advanced gravitation experiments.
As a
technology demonstrator, ODIE is required to
control the position of the spacecraft about an
accelerometer proof mass to 10·9m, and use a
second accelerometer to perform experiments on
the residual accelerations observed in the GTO
environment.
These data will be utilized to
characterize the parasitic accelerations according to
probable source and magnitude, with the intent of
using this knowledge to improve the drag-free
system design for the accuracy required in
OMEGA. Data will also be collected on the longterm performance of the FEEP thrusters in the
space environment, on the behavior of the
carbon/carbon composite material used as the
spacecraft outer shell, and on the high-precision
performance
qualities
of the
CAESAR
accelerometers.

By taking advantage of these hardware advances as
well as the benign conditions of the expected
OMEGA orbit and some additional thermal
isolation of the proof mass from the outer
spacecraft environment, it is anticipated that the
desired acceleration stability for these satellites can
be successfully imposed. However, the FEEP
thrusters have not yet undergone on-orbit testing,
and while the CAESAR accelerometers have been
tested on the space shuttle, their operation at the
low levels of acceleration expected in the OMEGA
mission has not been characterized. Therefore, this
hardware will be installed on a prototype OMEGA
satellite and demonstrated for drag-free operation
in a geosynchronous transfer orbit (GTO). Several
differences in prototype hardware versus the final
OMEGA flight hardware, as well as the harsher
GTO environment suggest that the desired
acceleration performance will not be achieved, but
provided that the performance degradation occurs
as a result of known and correctable sources, we
believe that this test will provide the necessary
validation of technology readiness for the OMEGA
mission.
ODIE Mission Goals
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Many of the mission constraints have been dictated
by launch availability.
Through CNES,
Arianespace has offered to donate a launch aboard
the Ariane V ASAP platform. By the anticipated
launch date of March, 1999, it is expected that the
Ariane V will be making one launch per month into
GTO. While the Ariane also conducts launches
into sun-synchronous polar orbit, these launches
occur approximately once per year, and are

Perigee altitude
Apogee altitude
Period
Inclination
Argument of perigee
Max weight
Max size (envelope)
Mission lifetime

substantially less predictable in their regularity.
Therefore, the working assumption is that ODIE
will be launched as a secondary payload aboard the
Ariane V into GTO. As a small satellite, no
additional delta-V will be included to boost the
satellite completely into geosynchronous orbit; the
satellite will remain deployed in the original
transfer orbit.

620km
35883 km
10.685 h
7 deg
178 deg
100 kg
60 x 60 x 80 cm
I year
Table I: Orbit CharactenstIcs
Figure I: Conceptual View of ODIE

As a secondary payload, the ODIE mission will not
be able to command a particular desired injection
spin rate; at maximum, the satellite may be
deployed with a final spin rate of 6 deg/sec, as well
as a possible tip-off error from deployment of 0.5
deg/sec, both of which must be eliminated before
drag-free operation can commence. The latter lies
within the reasonable control authority of the FEEP
thrusters, but the former would require well over a
day of continuous maximum thrust to eliminate. It
may therefore prove necessary to have some
additional control mechanism to cancel the initial
spin rate.

ODIE will consist of an outer cylinder which serves
as a sun shield and a support for the solar panels,
connected through a series of internal supports to
the spacecraft subsystems and fmally to an interior
mount for the two accelerometers. The current
design calls for a total of nine FEEP thrusters,
mounted in clusters of three about the
circumference of the cylinder.

Subsystem Design
Structure
The outer shell of the spacecraft consists of a
carbon/carbon composite, an experimental material
produced from graphite/epoxy composite by
following the layup with an intense heat cycle to
burn off the epoxy and replace it with a carbon
matrix. The resultant material retains the structural
stiffness of the original composite, but increases the
thermal and electrical conductivity of the material.

I Stiffness (Young's Modulus) E

146GPa
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Stiffness (Young's Modulus) E
I 46GPa
Tensile strength cr
486MPa
Thennal conductivity
200W/mK
Electrical conductivity
???
I.5xlO-Q ! K
Coefficient ofthennal expansion
Table 2: Carbon/Carbon ComposIte PropertIes
The shell is a cylinder of diameter 50 cm, height 70
cm, and thickness 0.75 mm. It is reinforced by a
series of six longerons and five hoops of 1.5 mm
thickness and 20 mm width. The mount points for
the subsystem boxes reside on an internal
triangular prism which provides a strong backbone
to withstand launch stresses. The FEEP interface is
a hexagonal aluminum plate, 9 cm on a side, which
protrudes 8.16 cm from the backplane. Each ofthe
three FEEP clusters are mounted at 120 deg
intervals around the circumference of the outer
cylinder. Note that in this configuration, the
maximum extension of the satellite in the
horizontal direction is 62 cm, which lies slightly
outside the 60x60x80 launch vehicle box; it is
hoped that the launch vehicle interface supports
slight excursions outside the stated boundaries.
The ASAP platfonn for the Ariane 5 was not fully
defined at time of writing; if it proves impossible
to utilize this structural configuration, some
negotiating about the size of the FEEP thrusters or,
as a last resort, reduction of the size of the
spacecraft cylinder would be necessary.
The
current FEEP thruster size, 60 mm length by 65
mm diameter, was originally defined for a 100 j.lN
thruster. It is anticipated that this size would be
reduced somewhat for the desired 20 j.lN maximum
thrust, although there are some practical limits on
size reduction based on reservoir size for the
cesium fluid and on the need for a heater system to
maintain the cesium in a liquid state. Spacecraft
cylinder size reduction would be less favorable
since, under the current structural backbone design,
the accelerometer housing has very little clearance
at its required location between its walls and those
of the triangular prism. Thus reducing the size of
the cylinder would necessitate adjustment of the
accelerometer housing size or modification of the
support structure to a more complex arrangement.
The accelerometer housing is at a later stage of
development than the FEEP cluster and would,
presumably, require more effort to enact
modifications.

Solar panels will be mounted to the outer surface
of the cylinder at all locations where FEEP clusters
aren't. The ends of the cylinder are open to space.
Arrangements for the mount points for attachment
to the launch interface have yet to be made, since
the launch interface has not yet been thoroughly
defined.
Attitude and Acceleration Control System (AACS)
This subsystem also serves as the primary payload
of the satellite, since it includes the hardware
necessary for drag-free operation. The core of this
system is comprised of the FEEP thrusters (nine,
mounted in clusters of three, angled at 70 deg to
the nonnal axis), and the CAESAR accelerometers
(two, mounted such that the accelerometer proof
masses lie along the centerline of the vehicle
cylinder).

Figure 2: Cutaway of FEEP cluster
The accelerometer can be configured to output the
position of the proof mass as well as the magnitude
of accelerations present. Either of these variables
could be utilized as the input to the drag-free
control law. The actual control law design for
is
relatively
simple;
drag-free
operation
complications involve the unknown perfonnance
variables of the FEEP thrusters, since no onground integrated testing of these components can
be perfonned prior to actual spacecraft launch, and
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that the FEEP thrusters do not operate well under
2-5% of their maximum thrust levels. For the
small perturbation forces anticipated, simple
counteraction of those forces with a single FEEP
thruster would constitute operating the thruster
outside its useful range.

no long-tern1 perfom1ance data exist for these
thrusters. The spacecraft will undoubtedly have to
undergo an on-orbit period of hardware testing to
determine the perfom1ance parameters of the
thrusters.
The thrusters will be operated in
differential mode; that is, all thrusters will be
operated full-time and course corrections made
through small changes in the operational thrust of
one or more thrusters. For one year of operation at
a nominal 41lN thrust, 2g of propellant per thruster
would be more than sufficient. Variations about a
nominal thrust, rather than simple on/off control,
solves the technical challenge posed by the fact

The primary perturbation forces upon the satellite
include solar radiation pressure, atmospheric drag,
outgassing from system components, and magnetic
and gravity gradient torques. Except at the orbit
perigee, solar radiation pressure is the dominant
disturbance force.

Solar radiation pressure
Atmospheric drag
Outgassing
Magnetic torques
Gravity gradient torques

21lN
41lN at perigee, negligible at apogee

???
???
...
???
...

Table 3: External DIsturbance Forces
control method currently in use, the range of the
instrument is approximately seven orders of
magnitude greater than its resolution; for a
resolution of IO<15m/s2, the accelerometer saturates
at accelerations greater than IO<8 m/s2 Thus, the
spacecraft
must
have
already
stabilized
accelerations to that level before control can be
asserted using the accelerometer readout as the
sensor mechanism. For a 100 kg spacecraft and 2
IlN disturbance force, the natural motion of the
spacecraft can only marginally be considered
within the necessary range. While some logic
could probably be applied to this problem (e.g ..
increase the thrust on the side opposite to that from
which the solar cells are generating current),
atmospheric passage at the perigee of the orbit
would still pose a challenge. Digital control of the
accelerometer loop would therefore be strongly
preferred; the major issue with its implementation
is simply the time required, and whether the new
version of the accelerometer will be available prior
to the desired launch date of March, 1999.

There are several design issues revolving around
the accelerometer configuration which have yet to
be resolved.
These issues arise from the
discrepancy between ideal configuration for onorbit operation as compared to the ideal
configuration for ground testing, as well as the
development time required to complete several
hardware modifications which are intended for
implementation on OMEGA. In order to test the
accelerometers on the ground, the proof mass must
be electrically suspended against the force of
gravity, so that testing can occur in the horizontal
plane. Suspension of the proof mass requires that
the proof mass be constructed of a sufficiently light
material (such as silica), and that the gap between
the proof mass and its cage be approximately 50
microns.
The lighter material will be more
susceptible to surface forces than a denser material
of the same volume, and of course the magnetic
advantage of the platinum/gold alloy is lost. The
smaller gap size between proof mass and cage
results in more significant bulk effects, such as
gravitational self-attraction between spacecraft
components. However, given the experimental
nature of this mission, the advantage of being able
to ground test the accelerometers prior to mission
launch will probably be considered to outweigh the
disadvantage of lost precision. A second, and
possibly more critical, issue involves the use of
analog versus digital control for the internal
accelerometer control loop. Under the analog

Two other accelerometer issues, that of charge
control of the proof mass and thermal stability of
the proof mass cavity, impinge upon the accuracy
and precision obtainable through the accelerometer
measurements.
The wireless charge control
mechanism proposed for OMEGA requires digital
control of the accelerometer loop, and is therefore
dependent upon the same time restrictions as the
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above issue. Thermal stability of the proof mass
cavity is a requirement for high-accuracy
operation; the differences between the thermal
environment of OMEGA and the thermal
environment of ODIE are one of the primary
reasons that the requisite acceleration stability of
OMEGA is not anticipated as a result of this
mission.

quantity of telemetry data associated with testing
of experimental hardware comprises the most
significant communications problem; in addition to
information about the performance of the drag-free
system, data on the long-term performance of the
FEEP thrusters, the temperature environment at
each of the accelerometers, and the thermal strains
seen by the carbon/carbon structure will be
collected. Additional sensors may be placed at
strategic locations on the spacecraft to monitor
contamination of the solar panels from cesium
backflow and stray electrical charge which might
have an effect on drag-free performance. A
substantial amount of this data will be geared
towards identifying the cause of parasitic
acceleration on the proof mass, to ensure that the
final acceleration control necessary for OMEGA
lies within achievable limits.

One final accelerometer quirk, while not precisely
a controls problem, has to do with the past space
shuttle tests of the instrument. It seems that the
accelerometer has a potential failure mode
involving the proof mass "sticking" to its cage. On
the shuttle, this failure mode was addressed by
having an astronaut physically agitate the
accelerometer to unstick the proof mass. On this
satellite, the astronaut corrective action will
obviously be unavailable. Some means of either
preventing the free motion of the proof mass in its
cage during launch, or agitating the structure after
launch, may be necessary to prevent a reoccurrence
of this phenomenon.

Command and Data Handling (CDH)
The primary tasks of the CDH system will be to
provide control inputs to the FEEP thrusters based
on accelerometer data, to route power between
subsystems, and to handle any data processing
necessary prior to downlink. The specifications for
the CDH system required for these tasks are yet to
be determined, awaiting information on the
complexity of the control system required for dragfree performance.

In addition to the primary drag-free control system,
some additional control specifications are present.
The use of an omnidirectional antenna will
mitigate the need for precise attitude positioning;
the only major need for attitude control lies in
pointing the side of the spacecraft towards the sun,
to maximize power output of the solar panels.
However, attitude rate control must be imposed to
avoid centripetal accelerations on the proof masses
of the accelerometers. Initial attitude acquisition
will be performed through the use of either a sun
sensor in combination with an infrared edge
detector, or a star tracker; the use of the latter
would be preferable, but its presence or absence on
the system will primarily be determined by cost
considerations.

Thermal
In addition to the usual need for thermal control of
a spacecraft to maintain equipment within
operating limits, the accuracy of the accelerometers
is dependent on a high degree of thermal stability.
The requisite thermal stability of the OMEGA
spacecraft is 0.1 uKlHzl12; this thermal stability
will be achieved through thermal isolation of the
proof mass as well as the expected benign
environment at 600,000 km altitude, and the
intention to run the spacecraft with no on/off
cycles of heat-generating electronic components.
While ODIE will have many of the thermal
isolation properties present in OMEGA, the GTO
environment is considerably less stable; earthshine,
shadow effects, and the on/off cycling of
components will all contribute to a much less
stable environment.
A preliminary thermal
analysis of the current ODIE design is currently
underway.

Finally, the length of time required to despin the
satellite after launch using only FEEP thrusters
may suggest the use of an additional yo-yo type
despin mechanism. In addition to mitigating the
time required for despin, this solution would
obviate the need to force the thrusters to full
performance prior to the initial check-out period.
Communications
Current design calls for a 12W transmitter unit to
telemeter data to a ground station located at either
Birmingham, UK or Stanford, CA. The large
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The FEEP thrusters pose an additional thermal
problem; their operation depends on the cesium
being kept in a liquid state. Prior to launch, the
cesium is maintained frozen to minimize the
environmental impact of transportation of the
material, which is highly reactive, to prevent
damage to the thruster via outgassing of cesium
from the thruster slit, and to prevent oxidation of
the cesium on the slit surface, which can result in
sufficient blockage to induce thruster failure.
These effects are minimized by isolation of the
thruster in a vacuum canister; the lid of this
canister is removed through use of a pyrotechnic
device after launch.
Following launch, the
temperature of the cesium is raised above the
melting point through the use of a heater element
packaged with the thruster; after this point, the
main thermal issue revolves around the
maintenance of the thruster at ideal operating
conditions (33-37°C), and as a limit case ensuring
that the cesium stays below 60°C to prevent the
formation of cesium gas.

efficiency of 80%. Some ambiguity exists in
determining end-of-lifetime power availability,
since the FEEP thrusters have a potential of
causing cesium contamination of the solar cells as
a result of backflow. of neutral ions from the
thruster. To mitigate this problem, the thrusters
will be mounted at a 70 deg angle to the normal,
rather than the 90 deg ideal for control authority.
For the one-year lifetime and GTO orbit proposed
for this satellite, for an upper limit of two battery
cycles per orbit, at most 1600 battery cycles would
be expected to occur. Nickel cadmium batteries
with a depth of discharge of 80% would suffice for
this application. The duration of eclipse for a GTO
orbit is on the order of minutes; therefore, the
battery is required to supply full power for lO
minutes duration, or the difference between
maximum system power requirements and that
produced by the solar cells for the duration of
telemetry downlink, whichever is greater.

Power

The mass budget (Table 4) includes all major
components which have been identified to date, as
well as some possible components which would be
beneficial, but for which a supplier has not yet
been found.
The primary omission in this
accounting revolves around the presence of small
sensors on the surface of the structure and at
strategic locations within components to measure
temperature, electric charge, and so forth, since the
number and location of such sensors has yet to be
determined. The total spacecraft mass to this point,
SO.S kg, is well under the 100 kg launch vehicle
limitation, leaving a sufficient margin for TBD
spacecraft components.

Mass and Power Budgets

The power subsystem will consist of solar cells
mounted to the outer surface of the sun shield, in
conjunction with a set of batteries to maintain
spacecraft operation during eclipse and to provide
extra power for peak loads occurring during
telemetry downlink. Power available from the
solar panels ranges from 34.3-37.6W for silicon
cells (12% efficiency), depending on orientation of
the cylinder with respect to the sun (in some
orientations, only one FEEP cluster faces the sun;
in others, two) and from SlA-S6.3W for gallium
arsenide cells (18% efficiency). These data assume
a packing factor of 90%, and electrical conversion

Item
Accelerometer electronics
Accelerometers
CDH
Communications receiver
~munications transmitter
in mechanism
FEEP thrusters and electronics
High voltage electronics
Launch interface
NiCd batteries
Power conditioning unit
Solar cells

Number
2
2
1
1
1
1
9
1
1
1
1
TBD

7

Mass (total, kg)
4
10
3.6
1.4
2.3
1.5
2.7
4.S
2.S
I.S
2.7

--

Star Tracker
Structure
Sun Sensor
Wiring

1
1
1
nJa
Table 4: Mass Budget

The power budget describes the maximum power
each component would be expected to utilize as
well as a nominal power level. The operations
scenario for this satellite will probably require finetuning to ensure that the available power is not
exceeded, particularly in the event of substantial
solar panel degradation as a result of cesium
backflow contamination. Nominal power required,
37.7W, could be supplied by silicon solar cells
even in adverse thruster orientations, but the peak
theoretical requirement (downlink in progress,

Item
Accelerometer electronics
Accelerometers
Communications transmitter
Communications receiver
COH
Oespin
High voltage electronics
Launch interface
NiCd batteries
Solar cells
Power conditioning unit
Star tracker
Sun sensor
FEEP thrusters and electronics

4.7
6.8
TBO
2.3

thrusters full on, charging battery) cannot be
supplied through solar ceJls alone. Assuming that
data telemetry is timed for periods of low thrust
requirements, the peak power load of 54 W can be
supplied by gallium arsenide cells but not by
silicon cells. If circumstances force the use of
silicon cells, additional battery capacity may be
required to handle peak power requirements;
alternatively, more clever power management
schemes could be concocted.

Nominal power required (W)
TBO
8
0
3
7.5
0
5
0
o(when not in use)
-38 to -56
TBO
12
TBO
2.16
Table 4: Power Budget

Error Analysis

Peak power required (W)
TBO
12
12
3
7.5
TBO
5
0
5 (charging) I -40 (eclipse)
-38 to -56
TBO
12
TBO
10.8

residual gas in the proof mass cavity, can be a
significant error source.
The differences in
accuracy anticipated between OMEGA and ODIE
involve, primarily, the adjustments in accuracy of
the accelerometer readout resulting from the desire
to test the accelerometers on the ground prior to
launch, and from the much more variable thermal
environment in GTO. A complete analysis of error
sources expected in a drag-free satellite can be
found in Lange, 1964.

The anticipated error sources on acceleration
control of this satellite emerge as a result of a
variety of unknowns in the spacecraft environment.
For the OMEGA mission, the significance of any
particular deviation of the satellite from a purely
gravitational trajectory is dependent upon the
period over which the error occurs; as a result,
factors such as the steady-state offset of an
accelerometer reading due to vehicle self-gravity
will be less important than would be expected for
spacecraft which require steady-state acceleration
control as well as time-varying control. On the
other hand, changes in the thermal environment of
the proof mass, which result in motion of any

Future Work
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project involves acquisition of necessary funds and
supplies, and an evolution from the concept stage
to a design document. Figure 3 shows a more
complete project time line.

This satellite is being designed and constructed as a
cooperative effort between industry, government,
and university partners in several countries. (A full
listing of project partners can be found in the
Acknowledgments.) The current status of the

1999
1997
1998
J F M A M
MJJASONDJFMAMJJAS
L1 Design Worksho ~
L1 Accele ometer delivery
_---/....>.ADesign Sa ~eline
L1 FEEP delivery
_ _ _ _ _ _-+-__ Parts Acquisition
_ _ _-+-_ _ _ _Component Fab~ication
_ _ _ _ _---t_Systems Integration
and Testing
~aunch Prep
L1 Launch

Figure 3: Project Timeline
Larry Edgett
Keith Strong
Kiril Taskov
Corinne Kachler
Carlos Garcia Sacristan
Paul Worden

Conclusions
In support of the OMEGA experiment, a
conceptual design for a drag-free system
technology demonstration mission has been
completed. The drag-free performance goals
required for the OMEGA mission appear to be
within reach; the remaining questions will
hopefully be answered through the launch and
operation of the ODIE satellite.

These individuals attended the design workshop
as representatives of their organization; as noted,
the ODIE project is a cooperative venture
involving human and financial resources around
the world. Accordingly, this project should be
considered an example of some of the good
things that can happen when a bunch of people
from diverse backgrounds and responsibilities
get together to do science.
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